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Abstract 

This paper presents a combined experimental and computational study of a low-sweep transonic 

natural laminar flow (NLF) wing with shock control bumps (SCBs). A transonic NLF wing with a 

relatively low sweep angle of 20° was chosen for this study. To avoid the complexity of the flow 

introduced by perforated/slotted walls commonly used for transonic wind tunnel tests for reducing the 

wall interference, both experimental tests and computational simulations were conducted with solid 

wind tunnel wall conditions. This allows for like-to-like validation of the computational simulation. 

Optimization of the shock control bumps was first conducted to design the wind tunnel test model with 

bumps. Two critical parameters of the three-dimensional SCBs for shock control, i.e. bump crest 

position and bump height, were optimized in terms of total drag reduction at the given design point in 

the wind tunnel. We show that the strong shock wave on the low sweep NLF wing can be effective 

controlled by well-designed SCBs deployed along the wing span. The optimized SCBs result in 18.5% 

pressure drag reduction with 5% viscous drag penalty and the SCBs also bring some benefits at 

off-design conditions. The wind tunnel tests include pressure measurement, Particle Image Velocimetry 

(PIV), as well as Temperature Sensitive paint (TSP) to provide detailed insight into the shock control 

flow field and to validate the computational simulations. Comparisons include surface pressure profile, 

velocity distribution and transition location. 

 

Nomenclature 

α =  angle of attack 

c =  chord length 

CD =  drag coefficient 

CL =  lift coefficient 

Cp =  pressure coefficient 

Cf x =  skin friction coefficient in the streamwise direction 

d =  width of the wind tunnel 

h =  height of bump crest 

I =  fluorescence intensity 

                                                 
* Professor of Aerodynamics, AIAA Associate Fellow, Corresponding Author. 



k =  turbulence kinetic energy 

L =  length of the wind tunnel test section 

M =  Mach number 

Rec =  Reynolds number based on chord length 

Reθ =  Reynolds number based on momentum thickness 

x,y,z =  Cartesian coordinates in streamwise, vertical and spanwise directions, 

respectively. 

 

xcrest =  streamwise position of bump crest 

xtr =  transition onset location 

xtr,avg =  average transition onset location 

ω =  turbulence dissipation ratio 

γ =  intermittency factor 

 

NLF =  natural laminar flow 

SCB =  shock control bump 

CNC =  Computer Numerical Control 

  

 

1 Introduction 

In Europe’s vision for future air transport, Fight Path 2050 [1] published by Advisory Council for 

Aeronautics Research in Europe (ACARE) in 2011 sets a challenging target for a 75% reduction of 

CO2 emissions from 2000 reference, which necessitates significant further reduction of aerodynamic 

drag for future aircraft. For modern transport aircraft, as much as 50 percent of the total drag comes 

from skin friction [2]. Extending the portion of laminar flow on the wing surface is one of the 

approaches to reduce skin friction drag which offers a large potential economic savings and 

improvements in environmental protection. Hybrid laminar flow control (HLFC) and natural laminar 

flow (NLF) are two main approaches to laminar flow. However, the efficiency of drag reduction of 

HLFC is severely limited by the price of pumping system. Atkin [3] found that HLFC decreased the 

total drag by 1.6 per cent, while it dropped to 1 per cent when taking pumping system into 

consideration. The research of NLF technology dates back to the 1940s when NACA 6-series airfoils 

[4] were firstly developed and the feasibility of it has been revealed by some early works [5]-[8]. At 

present, NLF technology is still an active research topic. In 2006, Cella et al. [9][10] designed a 

transonic NLF wing, UW-5006, referring to a medium-sized business-jet-class aircraft and experiments 

were conducted in wind tunnel. Recently, Hue et al. [11][12] and Xu et al. [13] conducted some 

experimental and computational research of transonic NLF wing. The up to date “Breakthrough 
Laminar Aircraft Demonstrator in Europe” (BLADE) project tried to move from the aerodynamic 



concepts of natural laminar flow through to its industrialization and operational demonstration at full 

scale [14][15]. The flight test vehicle was based on an A340 with some structural changes to meet the 

need of natural laminar flow including the notably reduced sweep angle. 

A major advance in modern transonic wing design is the introduction of wing sweep, typically 

over 30° to alleviate the shock effects and the resulting drag rise at transonic cruise [16]. On the other 

hand, sweeping the wing also promotes leading edge attachment line transition [17] and cross-flow 

(C-F) instability of the boundary layer [18], which in turn triggers a turbulent boundary layer 

downstream on the wing, implying a higher skin friction drag as compared to laminar flow boundary 

layers. The understanding of the effects of sweep and pressure gradient on transition [19] indicates that 

Tollmien-Schlichting (T-S) instability dominates transition for wings with sweep angles up to 25°. For 

sweeps over 30°, cross-flow instability mode prevails. The experience of the ELFIN flying tests shows 

that 20° is a limit for the cross-flow stability of the boundary layer [20]. Reed and Saric gave a more 

thorough description of these transition mechanisms in [21]. Recent practical applications of natural 

laminar flow can be found on the nacelles on Boeing 787 [22], the winglet on the 737max [22] and the 

wing on the supersonic Honda business jet [23], with zero or very small sweep angles. Qin [16] 

proposed to break the conventional rule of large sweep for transonic wing design by investigating the 

possibility of reducing wing sweep to 20° or less through careful balance of the drag-rise Mach number 

and skin friction drag, also considering the potential of the reduction of the wing structural weight 

through reduced sweep. In this concept, shock control is a crucial factor as both NLF airfoil pressure 

distribution, requiring favorable streamwise pressure gradient, and lower wing sweep from current 

dominant higher sweep design result in stronger shock waves on the wing upper surface at transonic 

cruise. The main objective of the present research is to investigate the capability of the shock control 

bumps (SCBs) in tackling the shock effects for low sweep NLF wing with a combined experimental 

and computational investigation. 

Shock control research for transonic wings date back to the early 1960s when Pearcey [24] applied 

vane vortex generators on a transonic wing. In 1992, Ashill et al. [25] first proposed 2D shock control 

bumps to reduce wave drag on laminar flow airfoils. After that, the European research project 

EUROSHOCK [26] conducted a thorough study of different shock control methods, including suction, 

ventilation and shock control bumps [27][28], and among them, shock control bumps were found to be 

the most effective shock control device [29]. 

The early research affirms shock control bump’s ability in shock wave alleviation. These studies 

stimulated recent research concentrated on the detailed flow physics of SCBs aiming to integrate them 

to future aircraft design. In 2000, Birkemeyer et al. [30] investigated the shock control device of 

two-dimensional contour bumps experimentally and numerically on a transonic swept wing. They 

found the influence of sweep on the bump effectiveness was rather small and the drag reduction is 

slightly lower for the swept wing than the 2D airfoil, i.e. zero sweep, case. Qin et al. [31]-[33] 

proposed and optimized three-dimensional contour bumps for NLF transonic airfoils and wings. They 

introduced the three-dimensional contour SCBs to an un-swept natural laminar flow wing. Their 

studies show that optimized three-dimensional bumps could effectively reduce the wave drag in a 

wider operational range as compared with the 2D bumps. Their further research [16] showed that 

three-dimensional shock control bumps could enable robust control of shock strength for natural 

laminar flow wings at low sweep angles. McIntosh and Qin found [34] that the effectiveness of shock 

control bumps is largely insensitive to the location of transition onset. Some fundamental 

understanding of the flow physics for shock control bumps can be found in Barbinsky et al. [35]-[37] 



for a wedge shock control bump mounted on the floor of a supersonic wind tunnels. As Bruce and 

Colliss [38] pointed out in their review, these experiments have the advantage of being inexpensive and 

repeatable; however, the baseline flow does not represent the pressure gradient around airfoils/wings.  

While most detailed experimental studies of SCBs in the literature so far were limited to those 

directly mounted on the wind tunnel wall, König et al. [29] conducted experimental and numerical 

studies to evaluate the drag reduction of an array of discrete three-dimensional shock control bumps 

mounted on an un-swept supercritical wing. Approximately 10% drag reduction was achieved in the 

drag-rise region in their experiment. They suggested that the wall interferences led to a shift of the 

shock location and the computationally designed bumps were off-design for the wind tunnel condition.  

In this study, a transonic NLF wing with a moderate 20° sweep was used as the test model in 

order to avoid the effects of cross-flow and attachment line transition. The present computational bump 

design and simulations were conducted in the solid-wall wind tunnel condition so that the conditions 

for the two approaches are closely matched. In the following sections, we will lay out how 

computational design has been used for the construction of the wind tunnel model and how the two 

were matched for this study of the shock control for a low sweep NLF wing at transonic condition. The 

comparison of the wind tunnel test data with the computational simulation is presented for surface 

pressure distribution from pressure taps, velocity field contours from particle image velocimetry and 

transition location from temperature sensitive paint. After the comparison of the experimental data with 

the computational simulation, some conclusions are drawn on the effectiveness of the 3D shock control 

bump array on reducing shock strength and the resulting drag reduction for the low sweep transonic 

NLF wing.   

2 Experimental Arrangements 

2.1 Wind tunnel set-up and test models 

The experiments were conducted in a wind tunnel with a working Mach number ranging from 0.3 

to 2.5, a total pressure at 95-235 kPa and a total temperature at 280-300 K in the China Aerodynamics 

Research and Development Center. The dimension of the cross-section and length of the wind tunnel 

test section are 0.6m×0.6m, and 1.775m, respectively. The wind tunnel was usually equipped with 

perforated upper and lower walls for testing at transonic conditions to reduce the strong wall 

interference. Although this makes the test data more relevant to free flight conditions with far field 

boundary conditions, it also makes it very difficult for mutual validation between the experimental data 

and computational simulations due to the difficulty in modelling the flow details of the perforated wind 

tunnel wall with many inclined holes along with the plenum chambers. In order to set up a better 

correspondence between the experimental tests and the computational simulations for validation, solid 

walls were employed for the wind tunnel walls, which allows a more accurate setup of the boundary 

conditions in the computational model. 

Since the wind tunnel had not been set to conduct transonic experiments with solid-wall 

conditions, the quality of the flow-field in the test section was first recalibrated beforehand. In order to 

maintain uniformity of the flow speed in the core flow region along the streamwise direction, an 

expansion angle of 0.2° for the upper and lower walls was implemented, as shown in Figure 1 for Mach 

number between 0.71 and 0.79. Different symbolled lines correspond to different Mach number flow 

conditions. The symbols with lines show the slight variation of the Mach number along the streamwise 

direction in the wind tunnel test section from entrance to exit, where L is the test section length. 



 

 

Fig. 1  Mach number distribution in the wind tunnel core flow region with 0.2° expansion angle 

  

Two experimental wing models were made from high strength Grade 250 maraging steel using 

high precision Computer Numerical Control (CNC) machine with a tolerance of 1 Micron in x and y 

directions and 10 Microns in z direction. The Cartesian coordinates x, y and z correspond to the 

streamwise, vertical and spanwise directions, respectively, as shown in Figure 3. The models were 

strong enough to avoid deformation in the wind tunnel tests under aerodynamic loading and sufficiently 

accurate to match the computer design models with and without the shock control bumps. The models 

were checked with a three-coordinate detector to satisfactory accuracy. The baseline model is a 20° 

sweep laminar flow wing (B-LFW) and the shock-control model (SC-LFW) is the same wing with 7 

shock-control-bumps equally distributed in the central 1/3 of the wing along the span which represents 

the white area in Figure 2. The models were fixed on the steel windows of the wind tunnel side walls. 

The angles of attack of the models can be adjusted by rotating the steel windows. 

There are 44 pressure taps of 0.8 mm in diameter in the central section of the baseline wing with 

15 on the pressure side and 29 on the suction side. The taps extend from the leading edge to 0.9c on the 

wing. On the SC-LFW, some taps were added near the bump considering a more complicated flow 

there due to the shock boundary-layer interaction. The pressure pipes in the model cavity were led 

outside of the wind tunnel and then connected with the electronic scanning valve. 

 



 

Fig. 2  Test model in the wind tunnel 

 

2.2 Experimental measurements 

The experimental measurement consists of five parts. The surface pressure was firstly measured 

by the pressure taps installed on the central section of the baseline wing and the SCB-wing, 

respectively. The particle image velocimetry (PIV) [39] technique was then used to give the velocity 

field information over the suction surface at the center section. Afterwards, transition locations were 

measured on the suction surface by the temperature sensitive paint (TSP) technique [12][40]. Only the 

middle one third of the wing was painted by TSP. Figure 2 shows the painted part of the wing in white 

on the wind tunnel model. 

The wind tunnel was operated at an inlet total pressure of 104 kPa. The Mach number and angle 

of attack are 0.77 and 0° respectively for the design condition and Reynolds number, Rec, based on the 

chord length equals to 2.6 106. Tests at different Mach numbers and angles of attack were conducted to 

investigate the flow characteristics and performance of SCBs at the off-design conditions. Mach 

numbers in the experiment were 0.75 and 0.77 and the angles of attack were changed within a small 

range (-0.5° to 0.5°). Higher Mach number results in shock reflection from the top wind tunnel wall 

and larger incidences lead to the choking problem. 

3 CFD Set-up and Shock Control Bump Design 

3.1 Numerical Methods 

The computational study was performed by solving the Reynolds Average Navier-Stokes (RANS) 

equations using multi-block structured meshes to match the wing geometry and the wind tunnel 

geometry around it. At the inlet plane of the wind tunnel, stagnation pressure and temperature were 

prescribed and at the outlet, back pressure boundary condition was imposed for subsonic outflow 

condition. On the four walls of the wind tunnel and the model surface, no-slip boundary condition was 

set. A local time stepping method was employed for faster convergence. The governing equations 

were solved with second-order discretization. The SST γ-Reθ transition model developed by Menter et 



al. [41][42] is a four-equation turbulence closure consisting of the SST model coupled with two 

transport equations for the intermittency factor and the transition onset momentum thickness Reynolds 

number. Research of Lin et al. [43] shows that this model is capable of transition prediction in flows 

where T-S instability transition dominates and they applied it to transition prediction on a natural 

laminar flow nacelle. This turbulence model was used in this paper for the transitional flow cases. In 

order to investigate the effect of laminar boundary layer on the flow, the k-ω turbulence model [44] 

was also adopted for comparison in Sec. 4.1. 

 

3.2 Computational domain of the test model 

The NLF swept wing used here has a 20° sweep angle and a chord length of 0.2m. The maximum 

thickness of the wing is 11%c. The wing was mounted horizontally in the test section, as shown in 

Figures 3. Figure 4 gives the top view of the wind tunnel. The distances between wing leading edge and 

the upper and lower walls are both 0.3m. The distance between the wing leading edge on the side wall 

and the inlet is 0.7875 m. The shape of NLF airfoil aligned with the streamwise direction is shown in 

Figure 5. On the suction surface of the wing with SCBs, there are 7 identical shock control bumps 

installed along the spanwise direction, z-direction, with equal distance between 0.2m and 0.4m. The 

optimization of the bump shape is detailed below. 

 
Fig. 3  Computational domain with the swept wing in the wind tunnel 

 

 
Fig. 4  Top View of the wind tunnel 

 



 

Fig. 5 Streamwise airfoil profile for the B-LFW wing model 

 

Multi-block meshes were generated by the mesh generation software, Pointwise for both models. 

In order to obtain an orthogonal mesh near the wing surface, a C-type topology was adopted here, as 

shown in Figure 6. The meshes are clustered in the wall normal direction near the surface and in the 

vicinity of the leading and trailing edges and the shock wave area on the wing upper surface in the 

streamwise direction.  

Grid sensitivity analysis was firstly carried out using grids of three different resolutions, namely a 

coarse mesh, a medium mesh and a fine mesh with cell numbers of approximately 6.4 million, 23.2 

million and 45.8 million, respectively. The mesh refinement ratios between the coarse and medium 

grids in x, y and z directions are about 1.5. Figures 7 and 8 give the results of grid sensitivity analysis, 

showing the distributions of pressure coefficient and streamwise skin friction coefficient in the central 

section. The computed surface pressure does not show a strong sensitivity to grid resolution. However, 

some oscillations could be seen around the shock wave in the streamwise skin friction distributions in 

the coarse grid. The discrepancy between medium grid and fine grid is negligible. Based on the results 

of the grid sensitivity study, the medium grid was adopted. The overall grid size was 23.2 million. A 

total of 449 380 surface cells were placed on the wing surface in the streamwise and spanwise 

direction. There are 20 nodes in the spanwise direction for each shock control bump. Wall spacing on 

the wing and the wind tunnel walls was set to 1.5 10-6 to ensure y+ 1 on the no-slip walls to resolve 

the boundary layer. 

 

  
a) Computational grid b) Computational grid near the leading edge 

Fig. 6  C-type grid near the model in the central section 



 

 
Fig. 7  Pressure coefficient in the central section, full turbulence boundary layer simulation 

 
Fig. 8 Streamwise skin friction coefficient in the central section, full turbulence boundary layer 

simulation 

 

3.3 Design of the three-dimensional shock control bump 

In this research, the shock control bumps are aligned with the streamwise direction. Figure 9 

shows the parameters for a three-dimensional contour shock control bump. The shape of the x-y plane 

at the middle section of the bump is generated by a cubic spline. Figure 10 gives the shape of the 

central section cut of the baseline wing and shock control wing. The same is used to model the 

variation in the y-z plane (cross-flow plane) shape across various chordwise locations of the bump, 

which then defines the full geometrical shape of the three-dimensional contour bump. The 

parameterized bumps are added to the swept wing upper surface for the wing with bumps. The bumps 

are not strictly symmetric in span direction because of the 20º sweep of the baseline wing. The bump 

surface gradient at base of the bump as well as the bump crest was set to be zero in order to maintain 

the continuity of the gradient at its intersection with the wing surface. The computational grid around 

the SC-LFW geometry is updated from B-LFW through an algebraic grid deformation technique that 

propagates the geometry change through the volume grid smoothly with the grid on wind tunnel walls 



fixed. 

 

 

 
Fig. 9 SCB’s geometry and parameterization Fig. 10 The central section cut of B-LFW and 

SC-LFW 

 

In order to achieve effective control of the shock wave in this experiment, optimization of bumps 

was conducted for the design condition in the wind tunnel. The operating conditions for this 

optimization is M=0.77, α=0°, and Rec=2.6 106. Seven shock control bumps are installed equally 

spaced between z/d=0.33(Section 1) and z/d=0.67(Section 4). The middle bump’s crest locates in the 
central section of the wind tunnel between Section 3 and 4. The location of these sections are shown in 

Figure 11. The distance between Sections 3 (z/d=0.476) and 4 (z/d=0.524) is the same as the width of 

the optimized shock control bump prescribed in the following paragraph. The wing model with shock 

control bumps is shown in Figure 12. 

 
Fig. 11 Top view of the wing 

  

Fig. 12 Laminar flow wing with shock control bumps (Left) and the magnified surface around the 

middle bump (Right) 

 



On the basis of our understanding of shock control bumps from previous work [16][31][32], the 

position of the bump crest in relation to the original shock wave and the height of the bump were found 

to be the two most sensitive parameters in the 3D contour bump design. In this research, these two key 

parameters were optimized to maximize the lift-to-drag ratio of the wing while the other less sensitive 

parameters were fixed based on the previous work. Specifically, we fixed the bump length at 0.215c, 

the relative crest position at 55% (of the bump length) and the width at 0.144c (to accommodate 7 

bumps in the middle 1/3 span of the wing). The seven bumps are distributed consecutively along the 

span between z = 0.2m and 0.4m. During the optimization, the bump crest position, xcrest, varies 

between 65.8%c to 67.8%c as it was shown that the optimized bump crest location should be a little 

downstream to the original shock wave [32]. The bump height, h, varies between 0.85%c to 1.6%c. 

Considering the time-consuming RANS computations, the Radial Basis Function (RBF) approximation 

in the commercial multi-disciplinary optimization software, iSIGHT was adopted to approximate the 

surface for lift-to-drag ratio versus bump height and bump crest position. 12 design points were firstly 

evaluated to initialize the RBF approximation. Figure 13 gives the approximation surface and the 

optimization gave the best-performance bump height at 1.1%c and bump crest position at 66.8%c. The 

approximated lift-to-drag ratio, 23.20 shows a good agreement with the actual value obtained from the 

RANS solution, 23.32. Table 1 summarizes the values of these optimized parameters. 

 

 

Fig. 13 Response surface of Lift-to-drag ratio for different bumps designs 

 

Table 1 Parameters of the optimized bump, M=0.77, α=0°, Rec =2.6 106 

Parameters Length (%c) Crest (%c) Relative crest (%) Width (%c) Height (%c) 

Optimized bump 21.5 66.8 55 14.4 1.1 

 

The CL/CD ratio has increased from 18.69 for the B-LFW to 23.32 for the optimized SC-LFW. 

This optimized SC-LFW model was manufactured for the wind tunnel tests along with the B-LFW as 

presented in above sections. 

4 Results and Discussions 

4.1 Shock control effect on surface pressure  

To validate the effects of shock control bumps on drag reduction, pressure distribution in the 

central section is firstly compared with the experimental data. Figure 14 gives the surface pressure 



distributions in the central section of B-LFW from the experiments and the computations using the SST 

γ-Reθ transition model and k-ω full turbulence model. In Figure 14, favorable pressure gradient is 

observed before a normal shock wave near 0.6c typical for a natural laminar flow wing. Compared with 

the results using the k-ω full turbulence model, employing the transition model with predicted 

transition on the wing smeared the peak pressure a little and gave a better agreement with the 

experiment. The small pressure plateau is due to the laminar separation bubble around the root of the 

shock wave which will be revealed in the later section on laminar-turbulent transition process. 

Therefore, the following computations in this research were all conducted using γ-Reθ transition model 

with predicted transition rather than enforcing transition from the leading edge. As the 3D optimal 

contour bumps were applied, the pressure peak decreased and a good agreement was also achieved 

between the computational and experimental results of the shock-control wing, as shown in Figure 15. 

Figures 16 (a)-(f) compare the computational and experimental results at some off-design conditions. 

Both of them show that the favorable pressure gradient at these conditions is maintained and the 

position of shock wave is not sensitive to the small variations of Mach number and angle of attack. The 

decreased pressure peak also shows the effective shock control at these off-design conditions. 

 

 

Fig.14 Surface pressure distribution in the central section of B-LFW, M=0.77, α=0°, Rec =2.6 106 

 



 

Fig. 15 Surface pressure distribution in the central section of SC-LFW, M=0.77, α=0°, Rec =2.6 106 

 

 
a ) 

 
b ) 

 
c ) 

 
d ) 



 
e ) 

 
f ) 

Fig.16 Surface pressure comparison in the central section at some off-design conditions 

 

The surface pressure distributions of B-LFW and SC-LFW at the design condition are compared 

using computational results in Figure 17. In the central section, the pressure peak decreases with shock 

control as the shock is weakened with pre-compression. The bumps also shift the shock wave 

downstream slightly. There is a variation in the surface pressure in the spanwise direction in the bump 

region which can be attributed to the boundary layer displacement effects of the spanwise flow around 

the shock control bumps [32]. In the section between two neighboring bumps, surface pressure shows a 

similar trend to the baseline wing with a further downstream shock wave. 

 

Fig.17 Pressure coefficient comparison, computational results 

 

4.2 Shock control effect on velocity fields  

 

To further examine the effect of the contour bump array on the flow field, Figures 18 and 19 give 

the velocity magnitude contours of RANS solutions and PIV results at the central section. They show a 

similar velocity contour which reflects the location and the shape of the shock wave. A normal shock 

formed on the upper surface of the baseline wing. Velocity contours of B-LFW and SC-LFW obtained 

by PIV are shown in Figure 19 which show a good correspondence with the RANS solutions. Note that, 



due to the limitation of PIV, the measurement could not reach the region near the wing surface. 

Both of the experiment and simulation show the original strong shock near x/c=0.6 and the shock 

strength was significantly reduced and largely spread into gradual compression waves near the surface. 

Figure 18 also shows that the shock induced boundary layer thickening was also reduced as a result of 

the weaker shock. 

 

a) Velocity contour of B-LFW 

b) Velocity contour of SC-LFW 

Fig.18 CFD results of B-LFW and SC-LFW, M=0.77, α=0°, Rec =2.6 106 



a) Velocity contour of B-LFW 

b) Velocity contour of SC-LFW 

Fig.19 PIV results of baseline wing (upper) and SCB-wing (lower), M=0.77, α=0°, Rec =2.6 106 

 

4.3 Laminar-Turbulent transition process 

Temperature sensitive paint is an optical measurement technique. The paint consists of the 

temperature-sensitive molecules which could emit fluorescence when excited by a light source and the 

intensity of fluorescence decreases with increasing temperature. Since the heat transfer rate in turbulent 

flow is higher than that in laminar flow, there is a temperature difference in laminar and turbulent 

boundary layers. This difference in temperature is related to the intensity of the emitting fluorescence 

sensed by the image acquisition system. 

Temperature sensitive paint was applied on the suction side of both the baseline and 

shock-control wing, covering the area between Sections 1 and 2 in the spanwise direction. Figures 20 

and 21 show the TSP and computational results of the baseline wing at the design condition. The 

laminar flow in experiment and computation corresponds to the area with lower values of fluorescence 

intensity I and intermittency factorγ, respectively while turbulent flow area corresponds to higher 

values. Figures 20(a) and 21(a) give the intensity and intermittency factor contours between Sections 1 

and 2 and the transition onset locations. Figures 20(b) and 21(b) show the fluorescence intensity and 

intermittency factor distributions extracted from the contours in different spanwise sections away from 

the central section with pressure taps. The experimental results of these specified spanwise sections 



were used to avoid early transition caused by surface roughness. The steep increase of them which 

could give the location of transition onset, xtr, in experiment (fluorescence intensity) and computation 

(intermittency factor), respectively, is marked in these figures. Laminar-turbulent transition onset 

occurred at an approximate chord-wise location of x=0.56c in both experiment and computation from 

the analysis. It could be seen that the intensity distributions in Figure 20(b) show a more gradual 

increase while the intermittency factor has an abrupt increase around x=0.56c in Figure 21(b). 

Therefore, the transition region captured by computation is shorter than that in experiment. In the 

vicinity of the central section, transition is clearly triggered near the leading edge by the pressure taps 

placed here in experiment, as seen in Figure 20(a). This transition is attributed to the local surface 

roughness around the taps. 

Figures 22 and 23 give the results of SC-LFW. The transition onset in different sections in 

experiment varies between x=0.56c and x=0.62c, as seen in Figure 22(a) while in computation, it varies 

between x=0.59c and x=0.64c. An average value of transition onset location, xtr,avg, is labelled in the 

fluorescence intensity and intermittency factor contours. Therefore, the SCBs could postpone transition 

onset to a certain degree both in experiment and computation. The transition onset location compares 

well between experiment and computation although laminar region is a little overestimated in 

computation in this case. 

The intermittency factor contour of SC-LFW shows a small periodical variation in the spanwise 

direction, as seen in Figure 23(a). In the vicinity of the bump crest region, transition occurred further 

downstream than that between two neighboring bumps. It is caused by the weaker and further 

downstream shock wave over bump crest. However, TSP results failed to capture this periodical 

variation. From the above results, the transition location is collocated around the foot of the shock 

wave for the laminar flow wings studied here. 

 

 

  

a) Fluorescence intensity contour b) Fluorescence distributions in different sections 

Fig.20 Experimental results of B-LFW at M=0.77, α=0°, Rec =2.6 106 

 



 

 

a) Intermittency factor contour b) Intermittency factor distributions in different 

sections 

Fig.21 Computational results of B-LFW at M=0.77, α=0°, Rec =2.6 106 

 

 

  

a) Fluorescence intensity contour b) Fluorescence distributions in different sections 

Fig.22 Experimental results of SC-LFW at M=0.77, α=0°, Rec =2.6 106 

 

 

 

a) Intermittency factor contour  
b) Intermittency factor distributions in different 

sections 

Fig.23 Computational results of SC-LFW at M=0.77, α=0°, Rec =2.6 106 

     



In order to look into more details of the transition process, Figure 24 shows the computational 

results of the intermittency factor contour (top) with streamwise skin friction and pressure distribution 

(bottom) in the central section of the baseline wing. The negative value of streamwise (x-direction) skin 

friction Cf x was used as a suggestion of separated flow. On the lower surface without a shock, 

transition occurred around 0.45c. On the upper surface, laminar flow developed from the leading edge 

and a laminar separation bubble induced by shock wave formed at 0.565c in Figure 24(b). 

Laminar-turbulent transition begins here (0.565c), as seen in the intermittency factor distribution. The 

fully turbulent flow then reattaches around 0.665c. 

 

 
a) Overall trend  

 

b) Magnified on the upper surface 

Fig.24 Computed intermittency factor contour (top), streamwise skin friction and intermittency factor 

distributions (bottom) of B-LFW in the central section 

 

Figure 25 shows the computed intermittency factor contours on the upper surface of B-LFW and 

SC-LFW in the central section and the section between SCBs (Section 4). In the central section, 

transition is obviously delayed on the SC-LFW as the shock wave was alleviated by the shock control 

bumps, as shown in Figure 25(a). However, because of the limited shock control effect in the Section 4, 

transition location moves little downstream. Figure 26 compares the computed intermittency factor and 

streamwise skin friction distributions on the upper surface of B-LFW and SC-LFW. In the central 

section, not only the transition is delayed, but also the separation bubble was almost eliminated, as seen 

in the skin friction distribution in Figure 26(a). In Section 4, the separation area is reduced a little. 

 

  



a) Central section b) Section 4 

Fig.25 Computed intermittency factor comparison of B-LFW (top) and SC-LFW (bottom) 

 

  

a) Central section b) Section 4 

Fig.26 Computed intermittency factor and streamwise skin friction comparison of B-LFW and 

SC-LFW 

 

4.4 Shock control effect on lift and drag forces 

 

After the comparison of surface pressure, velocity flow field and the transition location between 

the experimental data and the computational prediction, some computational results will be given next 

for the forces on the models. No experimental results for forces are available due to the particular setup 

for this investigation to integrate the force balance and the potential transonic interference using the 

wake rakes, which makes the comparison difficult with increased blockage in a relatively small wind 

tunnel.  

The computed force coefficients were obtained by integrating surface pressure and skin friction 

between the spanwise Sections 3 and 4 for both models. Table 2 gives the lift and drag coefficients at 

the design condition. The lift increases slightly for the SC-LFW, while the total drag is reduced by 

12.25% with 18.5% reduction in pressure drag and 5.0% increase in skin friction drag. The lift-to-drag 

ratio increases by 24.8% from 18.69 to 23.32. The significant pressure drag reduction comes from the 

reduced wave drag and the slightly increased skin friction comes from the increased surface area for 

the wing with the bumps. Robustness of shock control is a crucial factor for design. Figures 27-30 

show the shock control effect at some off-design conditions. The shock control bumps at off-design 

conditions also show some benefits although they are not as effective as those at the design condition. 

Figures 27 and 29 show effectiveness of the shock control with varying incidence. The benefit of the 

shock control bumps remains at these off-design conditions. Note for the lower Mach number case in 

Figures 28 and 30, the shock control shows much less effect due to the weaker shock wave without 

control. 

 

Table 2 Lift and drag coefficients at M=0.77, α= 0°, Rec =2.6 106 

Group Lift Drag Pressure Drag Skin Friction L/D 



Coefficient Coefficient Coefficient Drag Coefficient 

B-LFW 0.2484 0.013289 0.009754 0.003535 18.69 

SC-LFW 0.2719 0.011661 0.007948 0.003713 23.32 

 

 

Fig. 27 Lift-to-drag ratio at different angles of 

attack, M=0.77 

 

Fig. 28 Lift-to-drag ratio at different Mach 

numbers, α=0° 

 

 

Fig. 29 Drag coefficients at different angles of 

attack, M=0.77 

 

Fig. 30 Drag coefficients at different Mach 

numbers, α=0° 

 

5. Conclusions 

The effectiveness of shock control bumps for low sweep transonic natural laminar flow wings has 

been investigated using a combined experimental and computational approach. An array of 3D contour 

bumps has been parameterized and implemented on the baseline laminar flow wing. The two key 

parameters, bump crest and bump height, have been optimized for aerodynamic performance, which 

was then used for the manufacture of the wind tunnel controlled model. The wind tunnel data and the 

RANS computational results were presented side-by-side systematically in comparison for surface 

pressure coefficients, spatial velocity flow field characteristics and transition locations. Some findings 

are summarized as following: 

 When the computational model matches the wind tunnel environment with solid walls, the 

pressure distribution, velocity field, separation pattern, shock wave structure and transition 



locations compared well between the experiments and computational simulations. 

 Three-dimensional shock control bumps have been shown both numerically and experimentally to 

enable shock control for laminar flow wings at a relative low sweep angle of 20°. The optimized 

three-dimensional shock control bumps show 18.5% pressure drag reduction with about 5% 

friction drag penalty at the design point.  

 The shock control also shows benefits at off-design points for varying incoming flow Mach 

number and small variation of incidence. The range of the variation is limited by the transonic 

solid wall constraints. 

 In the central section, the normal shock converted into a small region of compression waves with 

a following continuous subsonic expansion of the flow, which was validated in the PIV 

observation.  

 Transition on the baseline wing was induced by a laminar separation bubble (with spanwise flow) 

at the foot of the shock and the shock control bump can slightly delay the transition onset and in 

the meantime almost eliminated flow separation with small separation bubbles downstream of the 

shock control bumps. 
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